University of Texas at El Paso

DigitalCommons@UTEP
Open Access Theses & Dissertations

2017-01-01

On-Orbit Autonomous Repair: Systems Design
And Project Management Of The Orbital Factory Ii
Cube-Satellite
Mike Louis Everett
University of Texas at El Paso, mleverett@utep.edu

Follow this and additional works at: https://digitalcommons.utep.edu/open_etd
Part of the Mechanical Engineering Commons
Recommended Citation
Everett, Mike Louis, "On-Orbit Autonomous Repair: Systems Design And Project Management Of The Orbital Factory Ii CubeSatellite" (2017). Open Access Theses & Dissertations. 441.
https://digitalcommons.utep.edu/open_etd/441

This is brought to you for free and open access by DigitalCommons@UTEP. It has been accepted for inclusion in Open Access Theses & Dissertations
by an authorized administrator of DigitalCommons@UTEP. For more information, please contact lweber@utep.edu.

ON-ORBIT AUTONOMOUS REPAIR: SYSTEMS DESIGN AND PROJECT MANAGEMENT OF THE
ORBITAL FACTORY II CUBE-SATELLITE

MICHAEL LOUIS EVERETT

Doctoral Program in Mechanical Engineering

APPROVED:

__________________________________
Ahsan Choudhuri, Ph.D., Chair
__________________________________
Jack Chessa, Ph.D.
__________________________________
Norman Love, Ph.D.
__________________________________
Bill Tseng, Ph.D.

________________________________________
Charles H. Ambler, PhD.
Dean of the Graduate School

ON-ORBIT AUTONOMOUS REPAIR: SYSTEMS DESIGN and PROJECT MANAGEMENT of the
ORBITAL FACTORY II CUBE-SATELLITE

By

MICHAEL LOUIS EVERETT, M.S. MECHANICAL ENGINEERING

DISSERTATION

Presented to the Faculty of the Graduate School of

The University of Texas at El Paso

in Partial Fulfillment
of the Requirements
for the Degree of

Doctor of Philosophy

Department of Mechanical Engineering

THE UNIVERSITY OF TEXAS AT EL PASO

DECEMBER 2017

ACKNOWLEDGEMENTS
Over the course of my academic life, I have been blessed to have had many people to guide me
towards this goal. I have seen successes intermixed with failures, and I have both met and lost
friends along the way. I have learned the existence of things that I may never fully comprehend
but I certainly never knew were present, and I have experienced losses for which you can never
be prepared. Doors may open and close to opportunities but I am very thankful for the one that
was always there for me, although in hindsight I was lucky to have had. To my lovely wife, your
endless dedication and support to this goal was monumental, and I feel you have easily given as
much of your life to this as I. Your willingness to listen to my stories or to leave the light on during
those late nights has not been forgotten, and I am very thankful for all you have done for our
family. To my children whom have missed out on hours of time with their father, you have both
been an inspiration to all that I have worked towards, and I hope to make up for all the lost time.
To my parents who worked very hard to set both a good example, and to serve as an inspiration
you both succeeded. Your willingness to allow your children to explore their own paths led to
many experiences and discoveries alike, however your ability to help and provide guidance when
needed has certainly been a major component within our lives. It is safe to say that many of our
learned lessons have come from what you have taught us, or in the case of some of the best,
lessons you allowed us to learn for ourselves.
To Ahsan Choudhuri, as a professor you have taught me many new skills over the years, as an
undergraduate you often pulled me to the front of the class to ensure I heard what you had to
say (I did) and as my mentor your encouragement and continuous trust has helped me to develop
iii

within advanced projects. Never idle, your dedication to pushing your students is worthy of
special mention, and despite the many people whose lives you have a direct impact on you never
seem to tire. I truly appreciate the opportunities you have provided from the early days in CPRL,
to Project Management in cSETR.
To my committee, you are certainly directly involved in my success and, I can honestly state that
without your help, and your guidance this would not have been possible. Each of you has been
my professor for various courses over the years, and I have learned and continue to learn from
each of you.
To all of the students whom have been involved in this project, you have dedicated your time to
accomplishing a colossal goal, for which I am grateful. The tasks for which you have been involved
seemed impossible to everyone in the beginning, but each of you has overcome daunting
challenges to deliver beyond expectation.
To our industry sponsors, particularly the team from Lockheed Martin Space Systems, your
experience has provided unbelievable guidance and reassurance throughout this project. We
have read the literature, and we have performed the calculations but having the mentorship from
those who have, has sped the learning curve beyond anything we can accomplish in the
classroom. Your support of our efforts despite your own project schedules has not, and will not
be forgotten. Thank you for all you have done.

iv

ABSTRACT
In 2016, a group of faculty, staff and students from the University of Texas at El Paso submitted
a formal entry to the ULA CubeCorp competition to launch a 1U Cube Satellite into Orbit. In
September of 2016, the team was awarded a launch opportunity to a prestigious GTO orbit to
test and validate electrically conductive printing on within the Van Allen Radiation belts. This
dissertation is focused upon the management plan and specific decision that were implemented
to accomplish this goal within a one year time frame and on a conservative budget.
In 2018 this satellite will launch aboard an Atlas V rocket out of Cape Canaveral in Florida and will
likely represent the first civilian small satellite to venture so far from earth.
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INTRODUCTION

Background on Orbital Factory II
The College of Engineering at the University of Texas at El Paso is home to several notable
research centers each involved in class leading research and technology development. Two
centers worthy of notable mention due to the scope of this dissertation are the Center for Space
Exploration Technology Research (cSETR), and the W.M. Keck Center for Additive Manufacturing
and 3D Innovation. cSETR is a leading research facility that has been devoted to advancing
combustion and propulsion technology with major focus in rocket propulsion systems, and in
2014 implemented a strategic plan to broaden its research portfolio into the fields of Guidance
Navigation and Control Systems (GNC), as well as small spacecraft system development. This
plan led to the recruitment of new faculty and staff members with specialized experiences
applicable to this long-term objective.
In October of 2015, a budding non-profit announced a call for proposals focused upon engaging
K-12 institutions and their students into space based technology programs under the guise of a
CubeSat competition setting. Winning teams would have their design funded (up to $10K) to
provide an operational budget for continued design and development. Given the fledgling nature
of cSETR’s CubeSat program, Dr. Angel Flores-Abad, and Michael L. Everett with the support Dr.
Ahsan Choudhuri, the Director of the Center worked alongside a local area high school to develop
a mission concept, and to formulate and submit a proposal for this opportunity. In 2016, the
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concept 1U CubeSat named “Orbital Factory” was selected as one of the three winning mission
designs.
In 2016, as the team was well into the research phase of Orbital Factory, United Launch Alliance
released a call for proposals with the goal of hosting a more advanced competition aimed at
providing launch opportunities to U.S. accredited colleges and universities. This competition
offered up to six guaranteed rides aboard the Atlas V launch vehicle to winning entries. The
primary grading criteria was established as:


Quality of Proposal



Mission Feasibility



Innovativeness



Outreach Opportunities

This announcement marked an incredible opportunity to grow the program further. A team of
five including those of Orbital Factory went to work to develop a mission concept proposal that
would not only win the ULA CubeCorp competition, but also would come out as the “hands down
favorite” and first-place winning entry as stated by the CEO of United Launch Alliance, Mr.
Salvatore “Tory” Bruno.

The Birth of a Satellite
From the beginning, it was known that the concept would leverage additive manufacturing
heavily. Partly due to the existence of significant research work being conducted within the W.M.
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Keck Center, and partly to break the normality of CubeSat manufacturing practices. The result
led to a proposal focusing on several specific experimental and scientific payloads.
The primary payload to be carried by Orbital Factory II intends to demonstrate ultra-low power
3D printing on orbit within the confines of a 1U CubeSat. The resultant trace will be electrically
conductive to simulate the repair of solar panels and other electronics on orbit. To accommodate
the low power nature of a 1U platform a novel approach to 3D printing had to be devised. To
satisfy this requirement, two potential methods were proposed and later investigated. The first
method, intended to leverage an exothermic chemical reaction in which two compounds mixed
on-orbit would cure via the resultant chemical reaction. Such an approach would reduce the
power requirements as no artificial heating or sources of illumination would be required.
Electrical conductivity is met via an infusion of silver particulate. Initial candidates for the printing
media included specialized epoxy resins intended for high vacuum applications as well as room
temperature vulcanizing silicon polymers.
The second concept for achieving both electrical conductivity and power requirements employed
a single part, high silver content vacuum curable media, such as gels and inks. Candidate
materials for this concept included Ercon E1660, and CB102. These materials were under
consideration due to previous success in 3D printing by the W.M. Keck Center [1]. Extrusion
would be performed via a pre-compressed actuation device such as a spring, or nitrogen gas.
Where mixing would be required, modified applicators similar to those used in industrial
applications were proposed. These mixing devices utilize a network of vanes within the
applicator that mix the components together during the extrusion process. By leveraging these
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components, power is further reduced as power is limited to the control of the triggering
mechanism, e.g. burn wire or similar, as well as the traverse system for printer motion.

Figure 1: Example of a Commercially Available Mixing Nozzle (from 3M products webpage)

The secondary payload will perform scientific investigation for prolonged mission life for
satellites orbiting within radiation heavy environments. The existence of energetic electrons can
cause a spacecraft’s electrical potential to become highly negative. A potential difference
between conductive surfaces and insulated components can lead to an electrostatic discharge
[2]. This discharge can critically damage satellite subsystems forcing reliance on auxiliary systems
and has led to end of life events for operational satellites [3]. The payload consists of a novel
instrument to measure surface charge (SCM), and a triple junction element capable of emitting
electrons to help regulate the buildup of charge on insulating bodies, known as an Electron
Emitting Film (ELF). This payload was originally flown onboard the Japanese HORYU-II satellite
with success within a Low Earth Orbit, and will be further tested as a flight demonstration within
the target elliptical orbit of Orbital Factory II [2].
In addition to the aforementioned payloads, the mission concept was developed to maximize the
benefit of the flight opportunity. As such a number of supplemental payload experiments and
flight demonstrations have been incorporated into the mission concept.

One such

demonstration is the utilization of a specially designed patch antenna manufactured utilizing
additive processes. This antenna will operate within the S-Band spectrum and validated via
4

transmission (downlink) during the mission. The technical specifications of this antenna are
intentionally omitted from this document due to confidentiality requirements. Due to the
experimental nature of this device, the primary means of communication will be via a more
conventional deployable dipole antenna operating within the amateur UHF band.
A significant portion of this mission concept is focused upon the validation of payloads within
high radiation environments.

As such the satellite itself will serve as the final payload

experiment, in the form of a solid wall, 3D printed chassis that will serve as the primary means of
shielding sensitive electronics from the radiation environment.
The final submission to the ULA competition was made with great excitement. In September of
2016, the team was contacted by the CEO of ULA directly to confirm the selection as the first
place finisher, a conversation taken with pride. This award was followed by a formal press event,
unveiling the project to the public. On March 30, of 2017, the team was again awarded for
ongoing work with House Resolution 1020, by the State of Texas House of Representatives in
Austin Texas.

Project Management
The first step undertaken was to develop a basic concept of operations (ConnOps). The objective
of ConnOps is to aid in the identification of both system and Mission Requirements.
The proposed concept of operations was developed by first establishing a list of critical functions
and actions.
1. Power-up
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2. Housekeeping – validate the satellite is alive and healthy
a. Voltages
b. Temperatures
3. Communication – Communication link to ground is the only method of
acknowledgement of successful deployment
4. Mission operations – complete mission requirements within the allotted period.
This short list serves as the basis for the concept of operations. Tasks such as Communication
and Housekeeping will occur at semi regular intervals throughout the mission.

6

Figure 2: Proposed Mission Concept of Operations
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Development of a Hierarchal Model
The second step in the project management plan involved identifying the major design
components for a typical CubeSat mission.

The included system hierarchy diagram was

developed to accomplish this task.

Orbital Factory II

Mission Design

Payloads
(James Holt)

Satellite Bus

Command. & Data
Handling

OBC & Data
Storage

Tracking, Telemetry,
& Command

Avionics /
Operating
System

Antenna

Mech. Structure

RX/Tx
System

Radiation
Shielding

Power Systems

Thermal System

Structural
Chassis

3D Printer

Mechanical System

Ground Systems

Patch Antenna

Printable Material

ELF / SCM Module

Dispensing System

Control Module

Figure 3: System Hierarchy

The goal of this project was not only to develop a successful spacecraft for a GTO orbit, but also
to do so in an unprecedented amount of time and on a relatively tight budget. The target
timeframe was to have a spacecraft ready for testing within 12 months from award. To
accomplish this objective a team of passionate and capable students and faculty were organized.
The original team consisted of Mechanical and Systems Engineering students from all academic
levels, e.g. Undergraduates, as well as both Master’s and Doctoral candidates. The established
team structure is included below and is representative of the team throughout the project. The
size and division of roles changed throughout the project due to a number of factors, including
internship opportunities, and graduation. However, the initial team consisted of ten students of
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various levels, each assigned to a specific responsibility. When a given task wrapped up, the
assigned students were reassigned to new task.
The efforts put forth by each of these individuals deserves special mention, as the success of this
project would not have been possible without the dedication from each of them.
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Principal Investigator
Dr. Ahsan Choudhuri

Industry Partner
LMC

Industry Partner
Tyvak

Co-PI
Dr. Ryan Wicker

Industry Partner
ULA

Project Manager

Financial Manager

Systems Integration &
Testing Lead

Gloria Salas

Michael Everett**

Satellite Bus

Mission Designer

Payload Team

Dr. Angel Flores

Student Lead #1
Diana Camacho*

Student Lead #2
James Holt

Brian O. Valdez
Faculty Advisors
Dr. Ahsan Choudhuri
Dr. Jack Chessa

Brian O. Valdez

Mechanical Structure,
Shielding & Thermal

3D Printer
Emily Herzog**

Guillermo

Diana Camacho*
Faculty Advisor
Dr. Louis Everett

Kazi Masumbillah**

Command & Data
Handling

Faculty Advisor
David Espalin**
Mike Everett**

Printer Materials

Faculty Advisor
Dr. Arifur Khan
David Espalin**

Noshin Habib

ELF / SCM

Ashiqur*

Faculty Advisor
Dr. Angel Flores-Abad

Tracking, Telemetry &
Control
James Holt

Faculty Advisor
Dr. Arifur Khan

Electrical Power System

Claudia Medrano
Reta*

Cynthia Morales

Figure 4: Chain of Command (*indicates level, *MS level, **PhD)

The chain of command is representative of the project to date. As such, a few individuals are
shown serving multiple roles. This step is done to acknowledge the work that each individual
performed over the course of the project.
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A Strategic Approach to Design Reviews
The NASA Systems Engineering Handbook describes 15 formal design review processes as a part
of the development lifecycle.
1. Mission Concept Review (MCR) – Affirms the mission need and the concept for meeting
those needs
2. System Requirements Review (SRR) – Evaluates requirement definitions for applicability
to mission success
3. System Definition Review (SDR) – Evaluates proposed system architecture for applicability
to mission concept
4. Preliminary Design Review (PDR) – Evaluates a design for readiness for detailed design
5. Critical Design Review (CDR) – Evaluates for readiness for complex fabrication
6. Production Readiness Review (PRR) – Evaluates production / sourcing capability readiness
7. System Integration Review (SIR) – Evaluates timeline readiness to ensure on-time receipt
of systems or facilities used for integration
8. System Acceptance Review (SAR) – Verifies systems, and components meet expectations
established by design requirements
9. Operational Readiness Review (ORR) – Ensures all support systems are in place,
documentation or otherwise to ensure operational readiness
10. Flight Readiness Review (FRR) – Ensures through testing or otherwise that a system is
ready for flight
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11. Post-Launch Assessment Review (PLAR) – Ensure that systems are deployed appropriately
and ready to begin mission operations
12. Critical Event Readiness Review (CERR) – Validates readiness for critical phases of
operation such as but not limited to orbit insertion.
13. Post-Flight Assessment Review (PFAR) – Focuses upon review of the mission performance
including identification of anomalies
14. Decommissioning Review (DR) – Ensures the system is ready to be decommissioned, and
validates the disposal methodology
15. Disposal Readiness Review (DRR) – Confirms decision to dispose of the system
Formal design review procedures are immensely valuable to successful project development, and
the decision was made early on to ensure all applicable content areas would be addressed.
However, in an effort to achieve a 12 month develop timeline several design reviews were
grouped together. The restructuring of the DR phase led to the following changes:


SDR & PDR were held together incorporating an architecture component to the review.



CDR, PRR, and SIR were held simultaneously. The scope of the CDR was modified to
ensure a plan was prepared for sourcing and integration.



SAR & ORR were grouped and renamed to Test Readiness Review (TRR).



FRR, and PLAR have not yet occurred but will remain as individual reviews



CERR while out of sequence was incorporated into both PDR, and CDR sessions. This is
due primarily to the autonomous nature of OFII.



PFAR will be performed following the mission.
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DR & DRR are not specifically applicable due to lack of control of OFII’s orbit and the lack
of Uplink capability. They will however be held for academic purposes.

The completion of the hierarchal model, concept of operations, and the chain of command led
directly into the first formal design review, MCR. This review held within the first two weeks of
award notification was focused on identifying if the basic needs for the mission were met.

Requirements & Success Criteria
Following the Mission Concept Review, the project formally kicked off at the end of September
2016, with a formal retreat sponsored by the faculty and the Department of Mechanical
Engineering. The retreat serving as a significant motivational boost was held at a local resort,
and provided a full day of workshop opportunities to engage the team as a whole as we pushed
towards System Requirements Review.
Table 1: OFII Requirements Document

Mission Statement
To perform a flight demonstration & validation of on-orbit 3D printing of conductive material
MO
MO-1
MO-2
MO-3
MO-4
MSC
MSC1
MSC2
MSC3

Mission Objectives
OF2 shall print a conductive trace in microgravity
OF2 shall perform a flight demonstration of a 3D printed patch antenna
OF2 shall evaluate the electron emission film & surface charge monitor in a high radiation environment
OF2 shall provide educational outreach to UTEP students
Verification
Verification
Planned
Mission Success Criteria
Source
Status
Source
Method
Testing
Document
OF2 shall measure a finite
Pending
MO-1
Analysis
resistance from a printed trace
Flight
Ground station shall receive data
Pending
MO-2
Analysis
from OF2's patch antenna
Flight
OF2 shall measure a change in
Pending
MO-3
Analysis
voltage from the ELF/SCM
Flight

13

MSC4
MD

MD-1
MD-2
MD2.1
MD2.2
MD2.3
MD2.4
MD-3

MD-4

MD-5

OF2 shall educate students

Mission Design
The duration of the mission shall
be no less than 5 days
The mission timeline shall be
developed
Radiation vs. time shall be
determined
Ground station line of sight vs.
time & distance shall be
determined
Solar power generated vs. time
shall be determined
Distance from earth vs. time
shall be determined
All primary experiments shall
conclude within the mission
timeline
At the moment of deployment,
all systems shall standby for not
less than 30 minutes
OF2 shall comply with NASA
STD-8719.14 'Process for
Limiting Orbital Debris'

MO-3

Testing

Complete

Academic

Source

Verification
Method

Status

Planned
Testing

Internal

Analysis

Pending
Flight

MD-1

Analysis

Complete

MD-2

Analysis

Complete

MD-2

Analysis

Complete

MD-2

Analysis

Complete

MD-2

Analysis

Complete

MD-1

Analysis &
Testing

Pending
Flight

MD-1

Testing

Pending
Flight

MD-2

Analysis

Simulated

Verification
Source
Document

Functional

NASA STD8719.14
Verification
Source
Document

SAT

Satellite System

Source

Verification
Method

Status

Planned
Testing

SAT-1

Satellite bus shall withstand
launch environment

ULA Req
Doc

Testing

Testing

Shock / Vibe /
T-Vac

SAT-2

Satellite bus shall be 1U & meet
ULA dimension requirements

ULA Req
Doc

Analysis

Designed

CubeSat
Design
Specification

ULA Req
Doc

Analysis

In
progress

CubeSat
Design
Specification

SAT-1

Testing

In
progress

ULA Req
Doc

Inspection

Designed

SAT-3

SAT-4
SAT-5

Satellite bus shall have a center
of gravity located within 2 cm
from its geometric center in the
X & Y direction
Satellite bus shall withstand
operational temperature range
Materials shall meet
requirements for spacecraft
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T-Vac
NASA-STD6016A

LVI

Launch Vehicle Interface

Source

Verification
Method

LVI-1

The -Z face of the OF2 shall be
inserted first into the P-POD

SAT-1

Inspection

Planned

SAT-1

Analysis &
Testing

Planned

LVI-2

LVI-3

LVI-4

LVI-5

All booms, antennas, & solar
panels shall wait to deploy at
least 30 minutes after the OF2
deployment switches are
activated from P-POD ejection
At least 75% of the rails of the
OF2 shall be in contact with the
rails of the P-POD
The OF2 shall not have any
components that protrude more
than 6.5 mm normal from the
surface.
The rails of the OF2 shall have a
surface roughness less than 1.6
micrometers.

Sat-1

Analysis

Status

Planned
Testing

Functional

Verification
Source
Document
CubeSat
Design
Specification
CubeSat
Design
Specification

Planned

CubeSat
Design
Specification
CubeSat
Design
Specification

MD-7

Inspection

Designed

SAT-2

Analysis

Planned

CubeSat
Design
Specification
CubeSat
Design
Specification
Verification
Source
Document

LVI-6

The rails of the OF2 shall be
anodized aluminum.

SAT-2

Inspection

Designed

EMC

Electromagnetic Compatibility

Source

Verification
Method

Status

Planned
Testing

EMC1

The magnetic flux of the motors
shall not interfere with the OBC ,
EPS, or any other components.

ULA Req
Doc

Testing

Planned

Functional

Status

Planned
Testing

Complete

Functional

Planned
Testing

Verification
Source
Document

Planned
Testing

Verification
Source
Document

INS

Instruments

Source

Verification
Method

INS-1

Shunt circuits shall be
incorporated to measure the
resistance of the printed trace

MO-1

Testing

ADC

Attitude & Orbit Determination
& Control System

Source

Verification
Method

Status

ADC-1

No active systems shall be
employed

Inspection

Complete

CDH

Command & Data Handling
Subsystem

Verification
Method

Source
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Status

Verification
Source
Document

CDH-1
CDH-2
CDH-3
CDH-4
CDH-5

COM

COM1

COM1.1
COM1.2
COM1.3
COM2

The COM uplink shall use the
UHF B&
COM shall transmit mission data
packets processed by OBC to GS
COM System should not exceed
power, nor mass budget.
COM should not create
interference to other systems
The COM should receive data
packets from OBC
Communications Subsystem
OF2 shall have an externally
mounted experimental patch
antenna
Patch antenna shall be designed
for communication in the 2.4-3.5
GHz frequency range
Patch antenna cannot protrude
more than 6.5 mm from OF2's
face
Patch antenna must fit in the 83
mm x 83 mm surface allowed on
OF2's external face
The COM system shall transmit
housekeeping data

COM-6

Testing

In
Progress

Functional

COM-6

Testing

Planned

Functional

EPS-3

Testing

In
Progress

Functional

SAT-1

Analysis &
Testing

Planned

Functional

MOS-2

Testing

Planned

Functional

Source

Verification
Method

Status

Planned
Testing

MSC-2

Inspection

Complete

COM-1

Analysis &
Testing

Complete

CDS
3.2.3

Inspection

Complete

CDS

Inspection

Complete

Testing

Planned

Functional

Verification
Method

Status

Planned
Testing
Thermal
Chamber

Functional
CubeSat
Design
Specification
CubeSat
Design
Specification

EPS

Electrical Power Subsystem

Source

EPS-1

Battery operational temperature
should be identified

Analysis &
Testing

Complete

EPS-2

Solar Panels shall of space grade

Data
Sheet
Data
Sheet

Inspection

Complete

Data
Sheet

Analysis &
Testing

Complete

Functional

Data
Sheet

Analysis &
Testing

In
Progress

Functional

Data
Sheet

Inspection

Complete

Data
Sheet

Inspection

Complete

EPS-3

EPS-4

EPS-5

EPS-6

EPS Shall provide no less than
twice the required system power
demand
Solar cells shall possess a
published efficiency of no less
than 29%
Solar cell integration to EPS shall
abide EPS manufacturer
recommendations
EPS shall contain no less than 1
rechargeable battery
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Verification
Source
Document

Verification
Source
Document

Manufacturer
Datasheet

EPS10
EPS11

Battery shall possess a capacity
of no less than twice the
required peak demand
EPS shall transmit information
related to Voltage, & Current to
OBC
EPS shall feature a disable
system conforming to
integration requirements
Total stored energy shall be less
than 100 watt-hours
EPS shall be protected from over
current / voltage conditions

EPS12

Inhibits shall be incorporated
according to CubeSat Standard

CubeSat
Standard

Inspection
& Testing

Complete

Functional

STR

Structure

Source

Verification
Method

Status

Planned
Testing

STR-1

Center of mass shall be within 2
cm of geometric center

CDS

Inspection

In
Progress

SAT-2

Analysis

Designed

MD-2

Analysis

Designed

EPS-7

EPS-8

EPS-9

STR-2

STR-3

STR-4

STR-5

The OF2 structure shall have
dimensions conforming to
specification
The OF2 structure shall suitable
thickness for radiation shielding
The OF2 structure shall have 4
rails with dimensions of 8.5 mm
x 8.5 mm
The material of the OF2
structure shall be limited to
those specified in the ULA
requirements unless additional
approval is granted
The OF2 shall have a mass of no
more than 1.6 kg. (Waiver
Expected)

Data
Sheet

Testing

Complete

Functional

MOS-2

Testing

Complete

Functional

ULA Req
Doc

Testing

Complete

Functional

Inspection

Complete

Testing

Complete

Functional

ULA Req
Doc
Data
Sheet

SAT-1

Inspection

Manufacturer
Datasheet
Manufacturer
Datasheet
CubeSat
Design
Specification
Verification
Source
Document
CubeSat
Design
Specification
CubeSat
Design
Specification

Designed

CubeSat
Design
Specification
CubeSat
Design
Specification

SAT-2

Analysis

Designed

CubeSat
Standard

Analysis

In
Progress

STR-7

Structure shall accommodate
venting during ascent

ULA Req
Doc

Analysis &
Testing

Designed

Pressurization

CubeSat
Design
Specification

STR-8

STR shall withstand vibration
testing as defined by ULA

ULA Req
Doc

Testing &
Analysis

Planned

Shock / Vibe

ULA ABC
Users Guide

STR-6
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STR-9

STR10
STR11

TCS

TCS-1

TCS-2

TCS-3

ALG

ALG-1

ALG-2

ALG-3

CubeSat shall utilize the CubeSat
standard coordinate system
Chassis rails shall have corners
rounded to a radii of at least
1mm
Chassis shall incorporate
separation springs as described
in CubeSat standard
Thermal Control Subsystem
OF2 shall go through thermal
vacuum bake out
The OF2 structure shall
withstand the thermal gradient
of -50 to 150 °C.
The structure of the OF2 shall
maintain all payload elements &
subsystems within their
operational temperature limits.
Algorithms & Software
Control of printer position
algorithm shall follow controlled
path
Algorithm to link 1U to GROUND
TEAM shall transmit all data
captured
Charge & discharge algorithm of
ELF will operate according to
thresholds

MOS

Mission Operations Systems

MOS1

MOS Shall be able to record data
for duration of Mission
MOS shall be capable of
communicate downlink data
from OF2

MOS2

SMP

Science Mission Planning

CubeSat
Design
Specification
CubeSat
Design
Specification
CubeSat
Design
Specification
Verification
Source
Document
NASA-STD6016A

CubeSat
Standard

Inspection

Complete

CubeSat
Standard

Inspection

Complete

CubeSat
Standard

Inspection

Complete

Source

Verification
Method

Status

Planned
Testing

SAT-4

Testing

In
progress

T-Vac

Internal

Testing

In
Progress

Thermal
Chamber

EPS,
CDH,
COM

Testing

Complete

T-Vac

Manufacturer
Datasheet

Source

Verification
Method

Status

Planned
Testing

Verification
Source
Document

Internal

Testing

Complete

Functional

COM-7

Testing

In
Progress

Functional

COM-7

Testing

Complete

Functional

Source

Verification
Method

Status

Planned
Testing

MD-1

Testing

Planned

Functional

MO-2

Testing

Planned

Functional

Source

Verification
Method

Status

Planned
Testing
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Verification
Source
Document

Verification
Source
Document

SMP1

SMP1.1
SMP1.2
SMP1.3
SMP1.4
SMP1.5
SMP1.6
SMP1.7
SMP1.8
SMP1.9
SMP1.10
SMP1.11
SMP1.12
SMP1.13
SMP1.14

A printer capable of no less than
1 axis motion shall be
incorporated into the satellite

MSC-1

Testing

Complete

Resistance of the printed jumper
shall be measurable

SMP-1

Analysis

Complete

The injection system shall work
within a vacuum

SMP-1

Testing

Complete

Vacuum

The injection system shall
survive launch loads

SMP-1

Analysis /
Testing

In
Progress

Vibe/Shock

The injector shall be made of
materials to pass low outgassing
requirements

SMP-1

Testing

Complete

T-Vac

Printable material shall be
electrically conductive

SMP-1

Testing

Complete

Functional

Printable material shall pass low
outgassing requirements

SMP-1

Testing

Complete

T-Vac

SMP-1

Testing

Complete

Functional

SMP-1

Testing

Complete

Vacuum

SMP-1

Testing

Complete

T-Vac

SMP-1

Testing

Complete

Functional

SMP-1

Testing

Complete

Functional

SMP-1

Testing

Complete

Functional

SMP-1

Testing

Complete

Functional

SMP-1

Analysis

Complete

Functional

Printable material shall be of
sufficient viscosity to avoid
leakage
Printable material shall be
capable of curing within a
vacuum environment
Printable material shall survive
the operational temperature
fluctuations
The control system shall be
powered via the onboard EPS
system
The control system shall be
driven via the OBC
The control system shall be
capable of driving each axis
independently
Motors / Actuators shall
generate enough torque to
produce motion
A feedback method shall be
incorporated capable of
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Functional

SMP1.15
SMP2

SMP2.1
SMP2.2
SMP2.3
DA

DA-1

DA-2

DA-3

DA-4

providing position information
to the OBC
The entire printer subsystem
shall be capable of being
switched on & off by the OBC
ELF & SCM shall be used to
measure voltage data on OF2's
surface

SMP-1

Analysis

Complete

Functional

MSC-3

Analysis

Complete

Functional

ELF & SCM shall derive power
from the EPS system

SMP-2

Testing

Complete

Functional

ELF & SCM shall be capable of
being switched on & off by the
OBC

SMP-2

Testing

Complete

Functional

The difference in voltage data
shall be recorded & downlinked

SMP-2

Analysis

Complete

Functional

Source

Verification
Method

Status

Planned
Testing

Verification
Source
Document

SMP-1

Analysis

Pending
Flight

EPS-3

Analysis

Pending
Flight

TCS-2

Analysis

Pending
Flight

SMP-2

Analysis

Pending
Flight

Source

Verification
Method

Status

Planned
Testing

Verification
Source
Document

Internal

Inspection

Complete

Internal

Inspection

50%

Source

Verification
Method

Planned
Testing

Verification
Source
Document

Data Analysis
Data Analysis on printed trace
shall be analyzed for continuity
by GROUND TEAM
Data Analysis on battery usage
shall be analyzed by GROUND
TEAM for usage
Data Analysis of temperature
fluctuations shall be analyzed by
GROUND TEAM for maximum &
minimum
Data Analysis on ELF shall be
analyzed by GROUND TEAM for
maximum accumulated charge &
how often it discharged

TFAC

Test Facilities

TFAC1
TFAC2

Mechanical Testing facility shall
be developed
Thermal & Vacuum Test facilities
shall be developed

GSE

Ground Support Equipment
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Status

A UHF ground station shall be
developed
A S-B& Ground station shall be
developed
Data analysis system shall be
developed
Data analysis software shall be
developed
Facility funding shall be
identified
Collaborative partnerships shall
be identified
Functional life shall exceed the
satellite mission

GSE-1
GSE-2
GSE-3
GSE-4
GSE-5
GSE-6
GSE-7

CDH-1

Inspection

Planned

COM-1

Inspection

Planned

Internal

Inspection

Internal

Inspection

In
Progress
In
Progress
In
Progress

Internal
Internal

Complete

MD-1

Analysis

Complete

Timeline

Approval

Dec

Jan

Mar

Apr

Aug

Sep

Printed
Prototype 2

OBC
SilverBoard

Software V0

Software
Basic
Functionality

OBC
DevBoard

Architecture

Command
and Data
Handling

Nov

Dec

Jan

Feb

MRR
01/18

PsRR
02/18

Mar

Flight
Module
Flight
Module
Flight
Module
Flight
Module

Flight
Module

SilverBoard SilverBoard
Prototype Prototype

ELF/SCM

Component Testing

Breadboard Testing

Flight Systems Testing

Figure 5: Program Phases of OFII Project
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Apr
Launch

Flight Unit

GoldBoard
Prototype

Engineering
CAD
SilverBoard
Prototype

BrassBoard
Prototype

InitialCAD2

InitialCAD1

3D Printer

Payloads

Patch
Antenna
Testing

Oct

TRR
10/17

DevModule

Printed
Prototype 1

Engineering
CAD

InitialCAD2

InitialCAD1

Jul

Breadboard Unit

Power
Systems

Structure

System Concept

Jun

CDR
03/24

Tracking and
Teleme try

Bus

May

PDR
02/16

SRR

SCR

OF2

Feb

OBC Flight
Module

Nov

Phase E+F:
Mission Operations and Closeout

KDP5

Flight
Structure

Oct

KDP4

OBC
GoldBoard

Sep

KDP3

Software V1

Reviews

Aug

KDP2

Phase D:
System Assembly and Integration, and
Launch

Phase C:
Final Design and Fabrication

Software Final
Release

KDP1

Baseline
Prototype

Key Decis ion
Points

Phase B:
Preliminary Design, Technology Completions,
and COTS Module Procurements

Software V2

Phase A:
Concept and
Technology
Development

Pre-Phase A:
Concept and
ULA Proposal

Implementation

Flight CAD

Phas es

Formulation

ESS

May

PLAR DRR

May

MISSION OVERVIEW

The Launch Vehicle
The launch vehicle was specified as a component of the original solicitation, as an Atlas V courtesy
of United Launch Alliance. This launch vehicle is configurable into no fewer than ten variants,
primarily distinguishable by the number of auxiliary boosters and payload fairing size, and is
divided into two primary model categories referred to as the 400 and 500 series vehicles [4].

Figure 6: Atlas V Basic Configuration (courtesy of ULA)

Beginning 2012, the Aft Bulkhead Carrier (ABC) has been the primary method of integration for
non-primary payloads to include Cube Satellites, and as of 2015 had successfully deployed 35
spacecraft for the NRO [5]. The ABC is a simplistic interface system consisting of a plate and two
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struts that connects to existing attachment locations on the aft end of the Centaur upper stage.
The ABC is located in a manner to avoid direct impingement from venting of the Centaur.

Figure 7: Aft Bulkhead Carrier Mounted to Centaur with Available Payload Volume [5]

Launch Vehicle Trajectory
The Atlas V launch vehicle is capable of delivering a payload to Geo-Transfer Orbit via one of
three trajectory profiles [4].
1. Short-Coast to GTO
2. Long-Coast to GTO
3. Extended-Coast to GTO
While the short-coast trajectory is the standard design for payload delivery to GTO, each of the
three trajectories utilize two burns of the Centaur upper stage to attain orbit injection. All three
techniques have a similar flight profiles and thus only the short-coast trajectory is depicted below
for brevity. The long-coast trajectory delays the second Centaur burn to the transfer orbit
yielding an apogee matched to the short-coast path, while reducing the argument of perigee to
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zero degrees. The extended-coast trajectory is best suited for long duration GTO mission
requirements by raising the orbit perigee significantly. This is accomplished by extending the
initial Centaur burn to attain an elliptical parking orbit. Following the Centaur engine cutoff a
coast of up to two hours increases perigee before the final Centaur burn at a very high altitude.
For purposes of trajectory comparisons, the GTO performance of the Atlas V family of launch
vehicle was compared to that of the Falcon 9 of Space X, with matching figures [6].
Table 2: Atlas V Orbit Parameters by Trajectory Type (Reproduced from [4] )

Short-Coast to

Long-Coast to

Extended-Coast to

GTO

GTO

GTO

Perigee Altitude, km (nmi)

185 (100)

185 (100)

6,153 (3,322)

Apogee Altitude, km (nmi)

35,786 (19,323)

Orbit Inclination, degrees

27.0

20.5

22.5

180

0

180

Argument

of

35,786 (19,323)

35,786 (19,323)

Perigee,

degrees

While each of the three trajectories are available to the end user of the Atlas V launch vehicle,
actual implementation is dependent upon both, payload mass, and launch vehicle version.
Typically, the short-coast is reserved for 400 series launch vehicles, while both long-coast and
extended-coast is available only to 500 series and larger vehicles where payload permits.
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Figure 8: Short-Coast GTO Mission Trajectory Profile (Courtesy of ULA)

Since Orbital Factory II will be carried aloft as an ancillary payload it is unknown which version of
the launch vehicle will be utilized until a formal manifest occurs. For the purposes of planning,
each of the three options is considered for analysis purposes. Further, actual performance of the
launch vehicle will be contingent upon the mass of the primary payload spacecraft. As such
specific launch vehicle performance as a function of payload mass while provided by ULA, has
been omitted as no immediate factor to the design of Orbital Factory II. Such data is readily
available to a future end user and portions are included as an appendix.

Environmental
The relative humidity and expected temperature range for all prelaunch activities upon delivery
of OFII to ULA / Tyvak are described below. While under development, all modules, systems, and
components are maintained in a climate-controlled facility located in El Paso Texas. Sensitive
electronic systems and other components are maintained in a sealed dry-box equipped with
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sensors for measuring both temperature and humidity. While in storage, relative humidity is
maintained under 30% with temperatures between 60oF and 80oF.
Table 3: Expected Pre-Launch Conditions [7]

Temperature Exposure

Relative Humidity

50oF - 100oF

0% - 100%

Transport and Erection / 35oF - 100oF

0% - 100%

Processing

Mate
Prelaunch Pre-Close-Out

35oF - 100oF

0% - 100%

Prelaunch Post-Close-Out

50oF (Purged Air Supply)

0% - 60%

Upon integration of OFII into the Launch vehicle, the satellite will be subjected to ambient
conditions typical of southern Florida. This region is subjected to high humidity conditions. Due
to the potential for ingress of water vapor into the satellite systems, flight modules have been
protected with a conformal coating and all wire terminations will be secured with RTV sealants
or similar.
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Orbital Estimates

Keplerian Elements
For the purposes of defining satellite orbits, seven numbers known as the Keplerian Elements are
utilized [8]. These include:
1. Epoch – Time at which orbital parameters are recorded
2. Orbital Inclination (i) – Angle between orbital and equatorial planes
3. Right Ascension of the Ascending Node (Ω) – Angle between the vernal equinox line and
the ascending node
4. Argument of Perigee (ω) – Angle between the ascending node and the perigee point
5. Eccentricity – Shape of the orbit, for a circle e = 0
6. Mean Motion – Revolutions per day
7. Mean Anomaly – Specific location of the satellite at a given Epoch along the orbital path,
measured at perigee = 0 and Apogee = 180 degrees
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Figure 9: Depiction of the Keplerian Elements [9]

The semi-major axis is often utilized to replace mean motion when describing a satellites orbit.
For the purpose of analysis, the Right Ascension of Ascending Node and the Mean Anomaly, or
True Anomaly are considered constants unless stated otherwise as these values are unknown
until a formal manifest occurs.

Software Tools
For the purpose of simulation and analysis, three software tools were utilized throughout the
project. These include:


Systems Tool Kit 11 (STK) – developed by AGI
o Orbital Simulation and Analysis
o Solar Power Generation
o Radiation Exposure
o Orbital Lifetime Estimation



Space Environment Information System (SPENVIS) – led by the Royal Belgian Institute for
Space Aeronomy for ESA’s Space Environments and Effects Section
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o Orbital Simulation and Analysis
o Radiation Exposure
o Spacecraft Charging
When duplicated, tools have been utilized to develop a basis of comparison to both validate
results between platforms or to refine simulation results.

Validation of Software Tools
In an effort to identify the proposed orbital paths for OFII, both STK and SPENVIS have been
utilized to model the resultant trajectory for both a standard low perigee GTO, and the extendedcoast high perigee profiles. Both software packages are highly regarded and well documented
throughout literature [10] and each is used by various space agencies. The interface to each
system differs slightly although both offer similar capability for modelling both orbital trajectory,
and radiation dosing effects. SPENVIS is a web-based platform maintained by the European
Space Agency that is free to use (although users are required to set-up an account) and as such,
lacks the well-documented systematic tutorials that are provided by the commercial, Systems
Tool Kit (STK) platform. The decision to utilize multiple simulation platforms was made to
improve confidence. In an effort to validate results from both simulation packages, an analytical
estimate for a simple circular orbit was compared to the results from SPENVIS. Later more
complex orbits for the proposed Geo-Transfer obit were compared between both SPENVIS and
STK.
The speed and period of an orbiting body can be determined by the following relationships
derived by Braeunig [11].
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𝜇
𝑟

𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦 = √

𝑃𝑒𝑟𝑖𝑜𝑑(𝑐𝑖𝑟𝑐𝑢𝑙𝑎𝑟 𝑜𝑟𝑏𝑖𝑡) =

𝑃𝑒𝑟𝑖𝑜𝑑(𝑒𝑙𝑙𝑖𝑝𝑡𝑖𝑐𝑎𝑙 𝑜𝑟𝑏𝑖𝑡) =

2𝜋

2𝜋 3
𝑟2
√𝜇
ℎ

3

(
) , Given:
𝜇 2 √1−𝑒 2

ℎ = √𝜇(𝑅𝑒 + 𝑧𝑝 )(1 + 𝑒)

𝑟 = 𝑅𝑒 + 𝑧
𝑅𝑒 = 𝑅𝑎𝑑𝑖𝑢𝑠 𝑜𝑓 𝑡ℎ𝑒 𝑒𝑎𝑟𝑡ℎ = 6,378 𝑘𝑚

𝜇 = 𝐺𝑟𝑎𝑣𝑖𝑡𝑎𝑡𝑖𝑜𝑛𝑎𝑙 𝑃𝑎𝑟𝑎𝑚𝑡𝑒𝑟 = 𝐺(𝑚1 + 𝑚2 ) = 398,600

𝑘𝑚3
𝑠2

𝑒 = 𝑒𝑐𝑐𝑒𝑛𝑡𝑟𝑖𝑐𝑖𝑡𝑦 𝑜𝑓 𝑡ℎ𝑒 𝑜𝑟𝑏𝑖𝑡
𝑧(𝑎,𝑝) = 𝐴𝑙𝑡𝑖𝑡𝑢𝑑𝑒 𝑎𝑡 𝐴𝑝𝑜𝑔𝑒𝑒, 𝑃𝑒𝑟𝑖𝑔𝑒𝑒

The first step in software validation was to apply Braeunigs’ derivations to determine the
orbital speed for a simple circular orbit. This test validates the analytical method against
documented data for a known object. Once the analytical method is validated, it will be utilized
to compare SPENVIS and later STK. The object referenced was the well-documented
International Space Station (ISS) utilizing current orbital information published by the European
Space Agency (ESA). The published data provided an orbital altitude of 423 km and a
documented speed of 27,561 km/hr [12]. Applying ESA’s data to Braeunigs’ equations utilizing

30

MatLab yields an expected velocity of 27,558 km/hr., providing better than 99.9% accuracy.
Following the comparison of the analytical method to a known sample, Braeunigs’ equations for
orbital period were implemented for both the ULA Standard GTO, as well as the Extended-Coast
GTO data (tabulated below). These calculations were performed utilizing MatLab and were
compared against SPENVIS results. The outcome of this test is included in the tabulated data
and fell within five minutes of the SPENVIS model for each orbit. While not directly applicable,
the velocity of the satellite at both apogee and perigee were calculated for presentation
purposes. The velocity at these points can be readily calculated utilizing Braeunigs’ equations.

𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦 =

ℎ2

ℎ
𝑟(𝑝,𝑎)
ℎ2

𝑟𝑝 = 𝜇(1+𝑒) ; 𝑟𝑎 = 𝜇(1−𝑒)

Table 4: Assumptions utilized to compare STK and SPENVIS

Standard GTO

Extended-Coast GTO

Date / Time

March 1, 2018

March 1, 2018

Apogee (km)

35,786.0

35,786

Perigee (km)

185.0

6,153

24,356.5

27,340.5

0.73

0.54

Semi Major Axis (km)
Eccentricity
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Inclination (degrees)

27.0

22.5

RAAN (degrees)

0.0

0

Argument of Perigee (degrees)

180

180

True Anomaly (degrees)

0.0

0

Resultant Period SPENVIS (hrs.)

10.51

12.50

Resultant Period MATLAB (hrs.)

10.48

12.43

10.25 (22,930)

7.0 (15,656)

1.6 (3,578)

2.09 (4,676)

Resultant Velocity at Perigee MatLab km/s
(mph)
Resultant Velocity at Apogee MatLab km/s
(mph)

Following the validation approach for both the Analytical Model and SPENVIS, more advanced
comparisons were performed between SPENVIS and AGI’s Systems Tool Kit (STK). Utilizing the
data published by ULA for Standard GTO orbits as tabulated, both SPENVIS and STK were used
to develop initial orbital trajectories. These trajectories were compared to ensure confidence
in both systems.
Both models yielded the same results with expected orbital periods of 10.51 hours and 12.5 hours
for the low perigee and high perigee orbits respectively. One notable difference between the
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resultant graphics is the aspect ratio utilized by each platform. This variance can prove
misleading. Due to the resultant aspect ratios, results should be compared against tabulated
data points, or by geographic references on the included graphical path profile. The results of
these simulations demonstrates the similarity of the two software suites for determining orbital
trajectory. This inclusion of the two models represents the expected bounds for orbital trajectory
potential, and thus the period is expected to exist between 10.51 and 12.5 hours.
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Figure 10: Ground Track of a Standard GTO orbit: STK (top), and SPENVIS (Bottom)
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Figure 11: Extended-Coast GTO Ground Track: STK (top), and SPENVIS (Bottom)
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Figure 12: Trajectories of Standard GTO (top) and Extended-Coast GTO: STK
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Argument of Perigee and the Right Ascension of the Ascending Node (RAAN)
The effect of variances in the Right Ascension of the Ascending Node (RAAN) was identified by
performing additional trajectory simulations. To accomplish this task the original assumptions
were constrained to the low perigee standard orbit from the previous analysis, and the simulation
was performed four times with RAAN angles increasing by 45 degree increments, e.g. 45, 90, 135,
and 180 degrees utilizing SPENVIS.

Figure 13: Various RAAN Values (45, 90, 135, & 180 degrees) of the Same Orbit: SPENVIS

37

The results yield no significant differences in the orbital trajectory other than the shift in
geographic ground reference at any given altitude. As such RAAN will be an important parameter
in the selection of ground station facilities as RAAN can alter a satellites ground track appreciably,
potentially preventing a flyover of ground station receivers.
The Argument of Perigee does however lead to significant variances in the flight profile of an
orbiting body as indicated in the following graphic. This variance is problematic as the actual
argument of perigee is difficult to predict until an actual mission has been selected and more
accurate data is known. Despite this issue, ULA does make the 3-Sigma deviation available
publically for both the standard GTO trajectory as well as the extended-coast high perigee flight
path to be 0.2 degrees and 0.37 degrees respectively [4]. This provides a level of confidence for
the purpose of mission planning.
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Figure 14: Effect of Variations in Argument of Perigee. Standard GTO at 135 and 225 degrees (top), Standard GTO at 3-Sigma
Deviation (middle), and High Perigee GTO at 3-Sigma Deviations (bottom)

When using the trajectory graphs approximate ground tracking speed relative to the trajectory
can be inferred by the colored altitude bands, e.g. during periods of high altitude, the ground
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track will be slow relative to those periods at close proximity to the Earth. A plot of coordinates
vs time is provided below, where speed over ground is identifiable by the rate of change of the
position terms.

Figure 15: Altitude, Latitude, and Longitude as a Function of Orbital Time for a High Perigee GTO Trajectory

Typical Mission Profile
The ULA Published Standard orbits have been utilized to establish a set of high and low bounds
between which actual mission trajectories should exist. Once these trajectory bounds were
defined, a final set of simulations were performed to represent a typical mission profile as
published by United Launch Alliance [4]. The simulations negate the 3-Sigma Errors for each
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parameter as they fit within the bounds of the previous datasets. For the purpose of simplicity
each of these orbits are referred to as Standard Low Perigee and Standard High Perigee for the
ULA Standard trajectories, as well as Typical Low Perigee, and Typical High Perigee for those
considered more representative of expected orbits.
Table 5: Typical Mission Performance for Both Low Perigee and High Perigee GTO Missions (reproduced from [4] )

±3-Sigma Errors
Argument

Mission

Apogee

Perigee

Apogee Perigee

of

km

km

Inclination

km

km

Inclination

Perigee

RAAN

(nmi)

(nmi)

(deg)

(nmi)

(nmi)

(deg)

(deg)

(deg)

35,897

195

168

4.6

(19,383)

(105)

(91)

(2.5)

0.025

0.2

0.22

35,765

4,316

238

12.0

(129)

(6.5)

0.025

0.37

0.39

GTO
(Coast
≤ 800
sec)

25.6

GTO
(Coast
~ 5400
sec)

(19,312) (2,330)

21.7

The typical mission analysis yields very similar results to those identified previously with a slight
increase in orbital period for the low perigee trajectory from 10.51 hours to 10.55 hours, while
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maintaining a constant eccentricity. The high perigee model of a typical mission yields a
reduction in orbital period from 12.5 hours to 11.87 hours, and the eccentricity increases slightly
from 0.54 to 0.60.

Figure 16: Typical Mission Trajectories, Low Perigee (left), and High Perigee (right)

42

Figure 17: Depiction of the four orbits analyzed, Standard High Perigee (Yellow), Standard Low Perigee (Cyan), Typical High
Perigee (Green), and Typical Low Perigee (Red), from STK
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Van Allen Radiation Belts
Beginning at roughly 400 miles above the earth’s surface lies a region of trapped particles just
waiting to devastate sensitive electronic systems. This region is made up of high energy protons
and electrons that have become captured by the Earth’s magnetic field. The intended orbit will
require the spacecraft to traverse each of the primary belts twice per orbit, once on the way to
apogee, and again towards perigee. Given an orbital period of roughly 11 hours, this equates to
four passes per day, or 20 over the course of the planned mission life.

Figure 18: Artists depiction of the Van Allen Belts (NASA)

One year within a Geo-Transfer Orbit accumulates the equivalent of 8-10 years in a Low Earth
Orbit [13]. This heavy dosing has numerous detrimental effects on electronics systems onboard
a spacecraft.
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Total Ionizing Dose (TID) – damage to materials, quantified by energy per unit mass in
units (Rad)



Linear Energy Transfer (LET) – rate of energy transfer due to a travelling ionizing particle



Single Event Effects (SEE) – loss of function due to a single particle
o Single Event Upset (SEU)
o Single Event Latch up (SEL)
o Single Event Functional Interrupt (SEFI)
o Single Event Burnout (SEB)
o Single Event Gate Rupture (SEGR)

The above listing has been acquired from the work performed by Doug Sinclair, and Jonathan
Dyer. Their work on the integration of COTs systems into small satellites compared some of the
advantages and dis-advantages of radiation hardened systems to those of commercial quality.
According to their findings many commonly available commercial components are tolerant of
radiation dosing levels to 5 krad, with many surviving to 20 krad or more [14]. However, this is
in direct contrast to the article by Rachel Courtland arguing the lifetime dose tolerance of
consumer grade components is approximately 500 rad to one krad [15]. Most sources within
literature will acknowledge that affixing a value of tolerance to non-hardened systems should
only be done with risk. The primary reason for this is the lack of advanced quality control
processes during batch production processes [14]. Additionally, even after testing, consumer
components that pass dosing tests, may fail in service due to variations in the production
environment once the flight model has been introduced. In Sinclair’s work, three things are made
very clear, although some are indirect.
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1. The reliability of commercial components is very high
2. Failure due to radiation dose, regardless of mitigation efforts is merely a function of
mission time
3. Complicated system designs (can) lead to significant reductions in overall system
reliability
Due to the abundance, competition, application, etc. of commercial devices, manufacturers are
able to adapt new technologies to the evolving marketplace. In comparison, proven hardened
systems generally require significant testing and the qualification of that technology progresses
very slowly [14]. Further, the most common (non-radiation based) failure mode of consumer
electronics is due to infant mortality issues that can readily be eliminated through extended burnin testing.
The second point can be identified through a review of any available literature focused upon
dosing levels of shielding materials. The total accumulated dose is a function of both the flux,
and the time spent within the flux field. Thus given enough time, failure will occur. The technique
employed to mitigate this challenge for OFII, is to reduce the mission time and thereby the
exposure. Thus through the following radiation analysis it will be found that a high confidence
level exists to develop a mission with a five day expected life limit. Where long mission life is
required, a tradeoff of mass (shielding) to duration would be required.
A key point made by Sinclair, and not well described in the literature, is the problem of system
complexity. The equation implemented by Sinclair can readily be modified to show:
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𝑃𝑟𝑜𝑏𝑎𝑏𝑖𝑙𝑖𝑡𝑦 𝑜𝑓 𝐹𝑎𝑖𝑙𝑢𝑟𝑒 = 𝑃(𝑎) ∙ 𝑃(𝑏) ∙ 𝑃(𝑐) …
Where P(a,b,c,…) is the probability of success for parts, a,b,c, and so on. This simple relationship
depicts both the importance of simple designs for reliability, and the difficulty in designing
redundant devices, as they inherently add to the complexity of the overall system. In the case of
OFII, the option of simplicity has been applied anywhere possible.

Estimation of Radiation Dosing
There does exist significant literature on the makeup of the radiation flux within the Van Allen
belts. One of the most modern and up to date sources of flux data is available from the Van Allen
probes. Launched August 30, 2012 the twin spacecraft had a design mission life of only a few
years, but were still online and transmitting valuable data as of the date of this paper [13].
Despite representing the most up to date source for analytical data, there has not been enough
time for widespread acceptance or implementation into commonly used analysis tools. Prior to
the dissemination and validation of the data, an interested user can access the data through
various sources, including http://www.swpc.noaa.gov/products/van-allen-probes-radiationbelt-plots. Due to the lack of widespread implementation and industry acceptance of the data,
this source has not been utilized for this work.
The Combined Release and Radiation Effects Satellite (CRRES) represents another modern source
of data. CRRES, was launched into a Geo-Transfer orbit on July 25, 1990 and contact was
ultimately lost on October 12, 1991. Despite the short mission, CRRES does possess a number of
noteworthy traits,
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1. The data from CRRES is widely implemented into both SPENVIS and STK analysis platforms
2. CRRES orbit was similarly structured to that of OFII [17].
In addition to the two aforementioned models a number of other candidates exist, these include:


PSB97



Low Altitude Trapped Radiation Model (LATRM)



Trapped Proton Model (TPM-1)



AP-8 / AP-8

The AP-8, and AE-8 models despite their significant age remain the standards upon which other
models are compared. The trapped proton model (AP-8) is a readily available tool developed in
1976 and features models of both maximum and minimum solar activity cycles. Similarly the
trapped electron model (AE-8), developed in 1983 offers coverage for both solar maximum and
minimum cycles [15].

48

Figure 19: Sample of AP-8 (left) and AE-8 (right) at Proton /Electron energies >10MeV, & >1MeV during Solar Maximum [13]

Due to the widespread acceptance of the AP-8 and AE-8 models throughout industry, they have
been selected as candidate models for analysis for comparison against results from CRRES. The
first step taken to compare each of these models involved developing an understanding of their
limitations. The NASA AP-8 and AE-8 models are renowned for their special coverage, and ease
of implementation [18].

They are however, static models that were developed prior to a

realization of the dynamic behavior of the magnetic field and radiation environment. As such,
numerous sources have made recommendations to add a factor of two to results attained from
these models [18].
CRRES models lack the depth of field coverage provided by the NASA models; however, they do
incorporate more dynamic coverage as recorded during the mission life of the CRRES satellite. It
has been stated by Lauenstein that the CRRES data is only valid during the solar maximum period
of the solar cycle. The results from Lauenstein’s work comparing various models of the belts
indicates that neither one was capable of serving as a single solution to dosing calculations.
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Rather, each model (including other models studied within her work) had periods of overestimating the other under various conditions.

Unfortunately, there is no known work

performing these comparisons to an orbit representing that of OFII. As such, both are compared
and a conservative approach is taken as a requirement for shielding.

Figure 20: CRRES Satellite Orbit (Cyan) vs. Standard Low Perigee (RED) and High Perigee (Green) Proposed for OFII
Table 6: Detailed Orbit Parameters for CRRES and OFII Orbits

CRRES

Std. Low Perigee

Std. High Perigee

Perigee (km)

350

185.0

6153.0

Apogee (km)

33584

35786.0

35786.0

Inclination (deg.)

18.1

27.0

22.5

Eccentricity

0.71

0.73

0.54

Argument of Perigee (deg.)

321.21

180.0

180.0

RAAN (deg.)

205.85

-

-
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Figure 21: Total Dose Results for 2.5mm and 3.0mm Al Shielding (STK)

The results from the STK analysis of total dose vs shielding thickness are provided. The NASA AP8 and AE-8 models were performed for both solar minimum and solar maximum cycles as
indicated by the suffix MIN, and MAX. Only the standard GTO orbits as defined by ULA were
analyzed as they establish both high and low perigee limits.
The decision to model a maximum shield thickness of 3mm was due to volume constraints
established in the CubeSat Design Specification [20]. The maximum available wall thickness given
the standard PC104 dimensions was derived as approximately 3mm.
There exists a considerable difference between total dose results from CRRES, and those from
the NASA models. Despite this difference both models achieve a five day mission life total dose
of 500 rad or less with a thickness of 3.0mm.
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Solar Cycle
The sun’s activity progresses on an 11 year cycle. The period of Solar Maximum is indicative of
increased emission and energy transfer to the earth’s atmosphere. We are currently in a period
of declining solar activity after the weak solar max period 2013-2014. This decline indicates the
start of Solar Cycle #25. This is a positive trend in the solar cycle, as the reduced activity should
provide enhanced margin for total radiation dose levels. Since the launch date has not been
established it is desirable for planning purposes to identify the next solar maximum for cycle 25.
This can be derived from the following [19]:
𝑌𝑒𝑎𝑟 𝑜𝑓 𝑆𝑜𝑙𝑎𝑟 𝑀𝑎𝑥𝑖 = 2000.3 + 11 ∗ (𝑖 − 23)

Figure 22: Current Solar Cycle F10.7cm Radio Flux Progression (NOAA/SWPC)
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Figure 23: Current Solar Cycle Sunspot Number (NOAA/SWPC)

Meteoroid Exposure
The Meteoroid Flux Model provided by the European Cooperation for Space Standardization
(ECSS) yields the number of particles of a given mass expected to impact an object of one square
meter in one year [13]. This flux can be derived by the following equations.

𝐹𝑙𝑢𝑥𝑚𝑒𝑡 = 3.15576𝑒 7 (𝐹1 (𝑚) + 𝐹2 (𝑚) + 𝐹3 (𝑚))
𝐹1 (𝑚) = (2.2𝑒 3 ∗ 𝑚0.306 + 15)−4.38
𝐹2 (𝑚) = 1.3𝑒 −9 (𝑚 + 1011 𝑚2 + 1027 𝑚4 )−0.36
𝐹3 (𝑚) = 1.3𝑒 −16 (𝑚 + 106 𝑚2 )−0.85
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Particle Flux by Mass 0.001g - 5g
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Figure 24: Resultant Meteor Flux by Mass

These equations are applied to particle masses ranging from zero to five grams and plotted for
reference. Following the identification of the flux field the total expected impacts per unit area,
per unit time was acquired by integration of the flux model over the sample range at a step size
of 0.001 gram.

0.002 =

𝑅𝑒𝑠𝑢𝑙𝑡𝑎𝑛𝑡 𝐼𝑚𝑝𝑎𝑐𝑡𝑠
𝑚2 ∙ 𝑦𝑒𝑎𝑟

To estimate the maximum exposed surface area, the satellite was modeled as a cube, fully
contained within a sphere. Applying Pythagoreans theorem to
solve for the maximum diagonal member of a 1U form factor
provides the diameter of the sphere to be 0.172 meters,
resulting in a hemispherical area (exposed to a uniformly flowing
flux field) of 0.046m2. This is considered a conservative estimate
Figure 25: Cube within a Sphere
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as the actual exposed area of a 1U structure absent deployable devices would be encapsulated
with room to spare.
Following this calculation, it is a simple mathematical approach to derive the estimate for total
impacts over the entire mission duration, in this case five days. This results in an estimate of
1.26e-6 impacts.
Following this derivation, it is advantageous to determine a probability of impact. To accomplish
this task, the preceding results were applied to the probability equation specified by ECSS, given
by [13]:
𝑁𝑛

Probability equation: 𝑃𝑛 = ( 𝑛! ) 𝑒 −𝑛
𝑁 = 𝑇𝑜𝑡𝑎𝑙 𝑜𝑓 𝐼𝑚𝑝𝑎𝑐𝑡𝑠 (𝑑𝑒𝑟𝑖𝑣𝑒𝑑 𝑝𝑟𝑒𝑣𝑖𝑜𝑢𝑠𝑙𝑦)
𝑛 = 𝑜𝑓 𝑖𝑚𝑝𝑎𝑐𝑡𝑠 𝑓𝑜𝑟 𝑡ℎ𝑒 𝑝𝑟𝑜𝑏𝑎𝑏𝑖𝑙𝑖𝑡𝑦 𝑎𝑛𝑎𝑙𝑦𝑠𝑖𝑠
Solving the above for a target of a single impact yields a probability of just 4.6e-5%. This leads to
the determination that there exists a negligible risk of impact with a meteorite.

Orbital Lifetime
A major component of successful flight qualification is to demonstrate compliance with orbital
debris program requirements.

This requirement is specified within the CubeSat Design

Specification provided by CalPoly, as NPR 8715.6 [13]. To ensure compliance with NASA NPR
8715.6 aimed at minimizing orbital debris the satellite shall be effectively de-orbited within a 25
year period [14] [13]. To accomplish this task there exist various methodologies for de-orbiting
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decommissioned spacecraft. One such action is to energize the spacecraft to extend the orbit
away from earth into a graveyard trajectory.

Such actions are impractical for further

consideration due to the lack of active propulsion systems to provide adequate ∆V for such
maneuver. Another method of compliance with orbital debris requirements is to capture and
retrieve. Such action is similarly impractical for further consideration. The only realistic approach
for de-orbiting Orbital Factory II is to permit the satellite to succumb to orbital decay due to drag
interaction with the upper atmosphere.
For many satellites, pre-mature decay is a real risk to a high dollar value mission. As such, it is
not uncommon to conduct in depth investigation into expected orbital lifetime. The interaction
however, between the Van Allen Radiation Belts and OFII is likely to terminate the operational
life of the satellite far in advance of any real orbital decay. Further, since specific orbit
requirements (other than GTO) do not exist any decay that will occur during the first few days is
considered acceptable. Based upon these assumptions lifetime analysis has been limited to
estimations for the purpose of planning for compliance.
With a planned five day mission lifetime, the majority of OFII’s orbital life after deployment will
be spent within the de-orbit stage. There are various software tools available to aid in lifetime
prediction. One such tool is NASA’s Debris Assessment Software [14], as well as STK. For the
purposes of analysis, STK has been used to attain an estimate for orbital life. The selection to
utilize STK was made in part out of convenience as it was readily available for implementation.
However, the work of Daniel Oltrogge, and Kyle Leveque compared the actual flight data for 45
known CubeSat’s against the results from both STK and NASA’s Debris Assessment Software
(DAS) [15]. Their results indicated that STK performed better, often over predicting lifetime when
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compared to the DAS. It should be mentioned, that at the time of the work Daniel was employed
by AGI, the manufacturer of STK.
Each of the four orbits, Standard Low-Perigee, Standard High-Perigee, Typical Low Perigee, and
Typical High-Perigee have been analyzed. In most cases, a mass of both 1.6 and 2.0 kg was
utilized to compare the effect of added mass on orbital lifetime. The drag coefficient Cd is a
difficult parameter to fix to a satellite absent formal testing or analysis of actual mission
performance. Cd = 2.2 is a common value found throughout literature and was correspondingly
used for this analysis [15] [16]. In their work Daniel Oltrogge, et.al. provide a plot of the results
of a simulation focused on identifying the drag coefficients of the 45 satellites sampled. The
results of this work indicate that a Cd of closer to 2.5 would be more realistic.

Figure 26: Cd values by Form Factor for 45 Actual CubeSat’s De-orbited (Oltrogge, et.al)

In the work by Li Qiao, et.al. STK was utilized to compare orbital lifetimes of various CubeSat
form factors including a 1U concept. This comparison utilized numerous atmospheric models to
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identify the effect of the model upon lifetime estimates [16]. The results of this work showed
that the Harris-Priester atmospheric model was the most conservative, predicting the longest
orbital life of the sample population.
Based upon these results, the Harris-Priester model was selected, along with the STK default
Jacchia 1970 Lifetime model for the purposes of lifetime prediction. All four candidate orbits
were simulated using these models, spanning a 50 year analysis period. The following cases failed
to de-orbit within the 50-year span.


Standard High Perigee – All Cases



Typical High Perigee – All Cases



Typical Low Perigee – Surface Area < 0.013 m2 (1.6kg, Cd=2.2)

The remaining results are depicted below.

Figure 27: Apogee vs. Time for Jacchia and Harris-Priester Models
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Figure 28: Lifetime Progression of a Standard Low Perigee Orbit at Year 1 (red), Year 5 (Blue), Year 10 (Green), Year 15
(Magenta), and Year 20 (Black), STK.

The case of a Typical Low Perigee orbit at 2.0kg mass utilizing the Jacchia models appears to
contain significant erroneous data points due to the sudden loss of apogee during the first few
years of life. The cause for this deviation is unknown and considered unreliable. Given the results
of the STK analysis and the assumptions used, it is expected that for all potential low perigee
orbits the lifetime requirement should be met.

Satellite Development
Anytime a project gets underway a developer will inevitably be faced with difficult decisions. One
such decision is to implement Commercial Off-the-Shelf (COTs) components or develop custom
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solutions. The appeal for fully custom components however needs to be made carefully. In the
case of OFII, the decision was made to implement COTs technology wherever possible. This
option was selected for two primary reasons:
1. Reduce development time, and
2. Increase system reliability
The second is not an automatic realization with COTs components however and careful analysis
of available options needs to be performed.

Technology Readiness Level
One approach to increasing reliability is to implement high TRL systems and components. The
NASA Systems Engineering Handbook is a great reference for identifying TRL levels to
technologies. Early into the design process, the designated OFII teams worked to identify
available COTs technologies. While CubeSat’s are relatively new types of spacecraft it became
apparent that the commercial marketplace had not waited long to become involved. The major
components that were sought included:


On-board computer (OBC)



Electrical Power System (EPS)



Batteries



S-band Transceiver



Primary Transceiver



Primary Communication Antenna
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Solar Panels



Flight Ready Structural Bus (chassis)



Integration & Qualification Components (Remove Before Flight switch, etc.)

Additionally, the availability of smaller devices such as lubricants, seals, fasteners, and bushings
were analyzed for commercial availability, applicability to the purpose, and for qualification
capability, e.g. outgassing properties. The process for selection of the major systems focused
heavily upon four criterion.
1. Capability, e.g. form, fit, and function
2. Technology Readiness Level, specifically flight heritage
3. Simplicity
4. Price
Two systems believed initially to represent ideal candidates are an example of this selection
process. Early into the selection stage, the respective team members targeted two major
subsystems, an OBC, and the primary communication module as candidate technologies. Both
were later rejected. The OBC was a qualified radiation hardened module with comparatively low
mass that fit the PC104 standard, was power efficient and possessed flight heritage. The only
identifiable drawback was the price. The communication transceiver however, had a great price,
fit into the PC104 system architecture and had one of the highest transmit powers available of
identified COTs systems. Unlike the proposed OBC, the drawback of the initial transceiver was
its lack of flight heritage. The decision to reject the communication transceiver was made in an
effort to save the mission by enhancing the TRL of the spacecraft. Downlink communication is
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the only method of ensuring successful deployment and mission success.

The risk of

implementing a non-qualified component for a critical system when higher TRL technologies
were available was deemed unacceptable. The decision to reject the target OBC however was a
much more difficult decision to make. Once the satellite architecture was reviewed it was
realized that while a proven and radiation hardened OBC has great capability, it would be the
only component of its type on the spacecraft. This lead to the recognition that unless other
critical systems were hardened there was little benefit to the candidate OBC. Similarly, the
expense could be reinvested into alternative systems within the spacecraft.
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Figure 29: NASA TRL Identification Process (Reproduced from [24])

The formal Preliminary Design Review (PDR) was held February 16th & 17th to a packed house. In
attendance were representatives and team mentors from Lockheed Martin Space Systems, as
well as two individuals from the National Reconnaissance Office (NRO), and Mr. Salvatore Bruno,
CEO of United Launch Alliance was present for the kickoff.
A special note worth mentioning is the incredible amount of industry support that this project
has received. The mentorship and guidance from all those more experienced than us was not in
vain, and this project would not have succeeded without their participation.
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In addition to Technology Readiness Level requirements, a successful system needed to meet
capability, e.g. form, fit, and function requirements. Form and fit are commonly met by most
COTs technologies as a typical CubeSat architecture employs a standard PC104 standard.

Figure 30: 2D Representation of a typical PC104 CubeSat Module Layout (Pumpkin, Inc.)

A common aspect of COTs modules is the inclusion of asymmetrical attachment points for
standoffs and integration hardware. This keying feature ensures alignment is met within an
assembly, but does require assurance that termination genders are carefully considered.
Electrical compatibility is a major consideration when sourcing systems, particularly from
different vendors. System interconnection should be taken seriously. To accommodate this task
the first step undertaken was a high-level system block diagram of proposed technologies. The
block diagram enables interconnectivity to be easily visualized, as power connections, and signal
/ data interconnects can be appropriately terminated between systems. While high level, this
ensures the basic electrical architecture will meet mission requirements and helps to identify any
unexpected requirements prior to financial expense.
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Following the system block diagram, a more detailed technical interconnectivity document is
required to validate hardware capability can meet system needs.

An example of such

requirement is processor interconnection. If it is desirable to run multiple UART data ports, the
processor must be capable of accommodating this request or at a minimum, the design team
should be aware. Technical interconnectivity diagrams between modules serve as a visual
reference for requirements verification.
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Figure 31: Basic System Block Diagram
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Figure 32: Interconnection Diagram (1 of 2)
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Figure 33: Interconnection Diagram (2 of 2)
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Following PDR, all modules had been tentatively selected pending final analysis. The details along
with identified TRL are provided below:
Table 7: Major Modules with Flight Heritage & TRL

Manufacturer

OBC
Processor Module
EPS
S-Band Transceiver
UHF Transceiver
Patch Antenna
Deployable UHF
Dipole
Solar Panels
Solar Cells
Integration Module
Structural Bus

TRL

Pumpkin Inc.
Pumpkin Inc.
GOMSpace
ISISpace
GOMSpace
Lockheed Martin Corporation Space
Systems
EnduroSat

5
5
5
5
5
3

Flight
Heritage (# of
missions)
8
4
1
2
1
0

3

0

EnduroSat
Cesi S.p.A. Italy
Custom In-House
Custom In-house

6
8
3
3

0
Numerous
0
0

Many of the proposed subsystems have attained successful flight heritage.

Despite this

accomplishment, the radiation rich environment of the Van Allen belts will pose a new
environment for which they have not been demonstrated. The lack of flight heritage within the
specific operating environment has led to a loss of overall TRL for each of these components.
Despite the desire to employ only high TRL technologies into critical systems a number of selected
components have not been demonstrated to date. The decision to incorporate an unproven
deployable antenna is due primarily to space constraints within the ultra-tight volume of a 1U
platform. The 3mm wall thickness of the chassis for radiation shielding eliminates the option for
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folded dipole antenna systems as the external surface is forced to maximum allowable
dimensions. Of the options for coiled antenna systems, the team at EnduroSat was eager to
accommodate special requirements for integration. The current solution ensures radiation
sensitive electronics will be maintained within the shielded structure.
The solar panels sourced may not possess flight heritage, however the cells attached to the
panels do. To meet integration requirements a special flush mounted RBF pin needed to be
incorporated into the solar panel which led to the need for special modifications and a deviation
from high TRL systems.
Remaining systems can be categorized as payload experiments, for which high level of
customization is required.

Chassis

Interface Module
With the acquisition of COTs subsystems, design and development time of electronics equipment
was reduced substantially. Despite the reduction however, a single module was required to tie
all payload experiments together. To begin the design and development phase of this device the
specific requirements were first defined.
1. Interface module shall comply with PC104 configuration
2. PCB shall provide adequate space for cable routing along perimeter
3. Interface shall provide mounting location for GOMSpace AX100U transceiver
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4. Interface shall provide adequate means for connecting AX100U transceiver to OBC
5. IIC pull-up resistors shall be applied on interface module in compliance with subsystem
requirements
6. Interface module shall be terminated with 104 pin female headers in compliance with
subsystem interconnection scheme
7. All unused and accessible pins from OB shall be terminated in accordance with OBC
requirements
8. A buffer shall be employed on IIC lines between devices contained within the protected
chassis and any device exposed to radiation sources.
9. Interface module shall provide a method of power control (on/off) to each subsystem and
payload
10. A low impedance circuit shall be incorporated to accommodate two burn wire devices
controllable by OBC
11. All digital logic signals to / from OBC shall be compatible at 3.3V level
12. Critical power circuits shall incorporate redundant current paths
13. Interface shall incorporate all required electronic circuits for payloads
14. ELF shall incorporate an isolated power supply, with ground isolation
15. ELF/SCM operation amplifier outputs to OBC shall be suitably protected via clamp circuit
or similar
16. All wires shall terminate to interface module to be transferred to subsystems via standard
104 pin stackable headers, except
a. Any component required for compliance with flight qualifications, e.g. kill switches
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b. Primary power distribution, e.g. solar panel terminations
c. Communication system antenna cables
17. Priority shall be given to simplistic designs
For the purpose of schematic design, and analysis, there exist a number of software based
options available. For the purpose of this work, Proteus developed by Lab Center Electronics has
been employed. The decision to implement this software was made entirely from a viewpoint of
convenience as licenses were readily available. Following the development of the design criteria
a literature search for radiation tolerance was performed that resulted in the following list of
reasonable safe components (assumed tolerant to 30 krad). Sinclair’s work the radiation effects
of COTs parts, presented at the 27th annual AIAA Conference on Small Satellites was the primary
reference on this topic [14].


Resistors



Capacitors



Inductors



Single-junction Diodes



Bipolar junction transistors (BJTs)



PCB Substrates



Conductors



Fasteners

Sinclair’s recommendations encourage the use of low voltage supplies on the order of one volt
to avoid latch-up. Due to the COTs nature of the design approach, this is difficult to accomplish
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without additional power regulation systems on-board which would result in increased
complexity of the circuit. Due to the desire to maintain a simple implementation, this added
complexity has been avoided.
Additional recommendations derived from Sinclair’s work suggest to implement BJT devices or
P-channel MOSFETs due to the p-channels lack of a SEB mechanism. As well as common
recommendations throughout literature to de-rate systems.

Figure 34: Interface module division of parts

The development process for the interface module consists of three units developed to PCB
layout. The initial development unit was developed with the goal of verifying component
function within a laboratory setting. Due to the focus of the development unit there was no
effort spent on the form and fit component of system design. Following successful functional
testing of the development unit an engineering model was developed. The development of the
engineering unit enabled a true form, fit, and function implantation to be tested within the stack
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on a mock satellite structure. The final unit to be developed intends to represent the final
engineering unit as well as flight model to become integrated into OFII subsystem stack.

Figure 35: Initial development module under test integrated with a printer mock-up

Prior to fabrication all applicable circuits were simulated for function utilizing Labcenter Proteus.
Simulations were limited to functional testing as it is assumed electro-magnetic issues would be
negligible due to the high power and lack of high frequency systems within the interface module.
Rather functional testing for verification was reserved for laboratory analysis. Major components
of the interface design are included as a reference to general design standard.
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Figure 36: Printer mock-up with sensor pads on measurement plate

Many of the depicted circuits are duplicated throughout the interface module. The parallel
MOSFET circuit for power control is one example of a design utilized as a primary power switch
for each individual device or subsystem. The implementation of parallel MOSFET devices enables
load sharing and turn-on redundancy for critical systems. To maintain simplicity, non-critical
components and systems avoid the redundant parallel circuit.
The equivalent circuit depicted, is a reproduction of the feedback circuit utilized to measure
electrical continuity across the printed trace. The actual circuit relies upon a 16:1 multiplexed
measurement circuit to identify continuity across a series of tight but equally spaced sensor pads.
The implementation of a dedicated printed circuit board for the measurement traces provides
an efficient method for transferring signal terminations between protected systems within the
chassis and non-critical systems in the open payload bay.
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Figure 37: Parallel MosFET circuit for Power delivery & burn wire activation
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Figure 38: Simple voltage follower with output clamp to ADC on OBC (ELF/SCM)
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Latchup Bus 4
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Figure 39: Isolated power supply for ELF/SCM circuit
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Figure 40: Equivalent circuit for multiplexed printer measurement circuit
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Figure 41: Stepper driver in indexing mode

To limit the real-estate utilized on a crowded PC104 standard card, a stepper motor driver
integrated circuit was employed. The model chosen, manufactured by Texas Instruments is
greatly de-rated from a 1.5-amp capability to a mere 0.25 amps for the motor implemented
within the printer control system. The integrated device incorporates both over-temperature,
and over current limits further reducing design complexity.

Chassis
The chassis is a major component and will represent a significant overall percentage of vehicle
mass. The design of the chassis began with the definition of specific design requirements.
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The chassis shall be made of materials compatible with high vacuum, and temperatures
from -50oC to the least of critical subsystem temperature maximums +50 oC



The chassis shall provide adequate radiation protection for the mission



The chassis shall serve as the structural bus to mechanically tie the subsystems together



The chassis shall comply with dimensional requirements established by the CubeSat
specification document



The chassis shall be as continuous as possible to avoid ingress paths for harmful particles



There shall exist a method for venting in compliance with ULA requirements



The chassis shall be electrically conductive, or suitable bonding terminations shall be
integrated



Any non-conductive coatings (anodization, etc.) shall be removable in areas of ground
terminations

The allotted mass of the chassis has been omitted as a design requirement in favor of prioritizing
radiation protection over mass. However, efforts have been taken to reduce mass where
possible. The design approach undertaken involved identifying the components most susceptible
to radiation dosing, compared with significance of failure, and practicality of shielding. For
example, it is preferable to isolate all silicon devices as well as solar array devices from the flux
of the radiation belts. Isolating, the onboard computer is relatively simple through enclosure,
while enclosing solar arrays negates the benefit of the array.
Table 8: Criticality vs. susceptibility during chassis design

Component
Subsystem
OBC

/ Susceptibility
dosing
High

to

radiation Mission Impact due to system
failure
Critical
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EPS
S-Band Transceiver
Patch Antenna
Dipole Antenna
Solar Panel & Cells
Stepper Motor
Printer Structure
Printer Media
Interface Module
UHF Transceiver

High
High
Low
Low
Low* (see comments)
Low
Low
Low
High
High

Critical
Low
Low
Critical
Critical
Low
Low
Low
Medium
Critical

The solar panels were initially deemed to possess a high level of susceptibility to radiation dosing
than the final weighting. This was due to the existence of numerous electronic devices, including
temperature sensors, and sun sensors (ambient light sensors) that were intended to be powered
from the main system bus with data transmitted via a common communication interface shared
amongst critical systems. Ultimately, the decision was made to have the manufacturer develop
custom panels in which these components were removed. The final panel consists of little more
than the individual cell, which is space qualified for radiation environments.
Following the risk matrix, a chassis prototype was developed with the goal of applying a 3mm
thick shell around all systems meeting both high susceptibility levels and high mission impact.
While a solid “box” is the simplest concept to realize, the goal of minimizing mass led to a twopart open concept payload bay, in which non-mission critical or low susceptibility components
would reside. Encapsulation will still be met via the solar panel substrate which forms a box
around the payload section of the chassis.
For the chassis to adequately serve its purpose a number of materials have been considered.


Aluminum 6061
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Aluminum 7075



AlSiMg



Ti-6Al-4V

Aluminum based alloys have been the clear favorite due to ease of conventional manufacturing
processes, as well as the abundance of literature focused upon the effects of these alloys as
radiation shields for spacecraft [13]. Typically, aluminum based alloys have served as the primary
shield material for prior space missions, and is often the material behind which radiation
dosimeters are placed for future comparative analysis [25]. The differences between 6061 and
7075 are largely moot within literature although the increased density of 7075 (2.81 g/cm3)
compared to that of 6061 (2.7 g/cm3) [26] does seem to indicate thinner wall thickness for
equivalent shielding performance per unit mass [14]. The potential for thinner walls enhances
the margin available for conformance with dimensional constraints at the cost of increased
difficulty during machining operations.

Figure 42: CAD rendering of shielded chassis
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Titanium, specifically Ti-6Al-4V has been an alternative material under consideration due to many
of the same benefits in terms of volume reduction through thinner wall thicknesses. A unique
benefit is its ability to be readily 3D printed. Due to the capabilities of the W.M. Keck Center this
is an attractive prospect that is under discussion. A few challenges do exist with an additive
approach to manufacturing, specifically the high aspect ratio wall dimensions and porosity of the
finished system. AlSiMg is an aluminum alloy that has been used extensively in extrusion
processes. This alloy is currently favored for additive
manufacturing processes involving aluminum. While
a candidate material, Aluminum 7075, and Ti-6Al-4V
are

preferred

pending

their

ability

to

be

manufactured. Currently chassis models have been
fabricated additively in various polymers for fitment
checks, as well as an engineering model from 6061.
The original concept did consider special hybrid
Figure 43: The lower half (primary) of the prototype
chassis beneath a flight proven 1U chassis from
Pumpkin, Inc. Prototype of 6061

materials including High-Z laminates including, lead,
and tungsten foils.

These high atomic number

elements were favored due to the high atomic number (high-z) and their corresponding density.
While literature has shown a benefit in increasing material density for space based shielding, the
value appears to be valid only amongst Low-Z materials, including aluminum and titanium alloys
[14]. As the atomic number increases, the mass of a shield surpasses its effectiveness. Following
this realization, no further consideration was given to high density materials.
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The analysis has been limited to volume, and mass properties for the full Chassis project. Results
from NX10 show the primary chassis component to possess a volume of 132.8 cm 3, and a mass
of 360.1 g.

Printer
The printer represents the primary payload and as such is considered a major component.
Despite the significance of this module, it is vital to maintain a compact volume with a targeted
mass of 30 grams. It should be noted that this project has resulted in master’s thesis work
produced by members of this team, thus the scope of the printer’s inclusion within this work, is
to provide background on the system design process and reasoning for material selection.

Figure 44: CAD Rendering of Printer Concept

To accomplish this task the following design requirements have been established:
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1. The printer shall comply with NASA Low Outgassing Requirements
2. The printer shall apply a controlled three dimensional bead of electrically conductive
material
3. The printer shall utilize a pre-charged extrusion system for power reduction
4. No power systems shall be employed other than to control the printers traverse and
nozzle positions
5. The printer shall attain its power from the primary EPS system
6. Command and control signals shall originate from the primary OBC
7. The printing media shall be contained to prevent inadvertent access to sensitive
electronic systems.
8. Feedback systems shall be employed to permit a homing action and a estimated position
measurement
9. Final printing media shall possess a measurable conductivity.
The design and development of the printer occurred over the course of four variations. Each has
employed several standard components. The printer is affixed to the primary chassis within the
open payload bay region and will be subjected to heavy radiation exposure. This approach helps
to ensure compliance with requirement number seven above by placing a physical barrier in the
form of the chassis wall between the electronic systems and the conductive extrusion from the
printer. Within the payload pay the printer is supported on two hollow 304 stainless steel guide
rails with an outer diameter of 0.125 inch and a wall thickness of 0.016 inch. A surgical steel
company specializing in hypodermic needles manufactures the tubing. To maintain operational
simplicity and to minimize volume, Rulon J bushings have been implemented in lieu of bearings.
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These

ultra-low friction bushings meet the requirements for NASA low outgassing with a

documented total mass loss between 0.10% and 0.18% [27].

Similarly the support rails are

retained within the satellite structure utilizing ULTEM polymers manufactured via additive
processes.

The documented total mass loss related to outgassing for ULTEM ranges between

0.42% and 0.59% .
The nozzle plays a significant role in the ability to both contain the printing media, as well as to
apply the media to the substrate in a controlled fashion.

Common polymers utilized within

additive manufacturing processes were considered for the production of the nozzle however, the
surface finish for most was not acceptable to attain an adequate seal to contain the media. This
issue required less common materials to be investigated. The final material incorporated within
the design of the nozzle is ProtoTherm. This material has been demonstrated by the W.M. Keck
Center to possess high quality surface finish and also complies with outgassing mandates.
The nozzle will be spring activated, and deployed by a burn wire mechanism .
The shape of the appateur has been derived experimentally, upon identifying the material for
printing.
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MASS ALLOCATOIN

Overview
Due to the integration of COTs components and the critical requirement to provide protection
from radiation exposure and non-standard approach was undertaken for the development of a
system mass budget. Standard requirements for 1U CubeSat mass, allow for 1.33kg prior to
special deviation procedures. For any satellite, 1.33kg is a tight allowance to achieve. Early into
the design process, deviation requirements were discussed with the mission integrator, Tyvak.
While no formal deviation has been provided, a suggested target of 1.6 should be considered. In
an effort to achieve this goal, mass has been closely documented throughout the development
process.
The standard approach undertaken for budgeting is to pre-assign a target value to each major
subsystem, or component within the spacecraft. While a valuable task, a modified approach was
undertaken. Rather than provide an allotted mass, critical COTs systems were selected based
upon criterion including technology readiness level. Following the selection of major systems for
which mass is largely fixed without varying performance, the chassis / shield was developed.
While steps were taken to reduce mass within both preceding steps, these were generally seen
as parameters used to constrain the mass budget.
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Mass by Subsystem

Chassis
Communication
Power
Printer
ELF/SCM HV
C&DH

Figure 45: Mass Allocation by Subsystem

Once critical system mass was known, the remainder was divided up under a more standard
approach. The planned allotment, including the primary systems included:



Chassis top and bottom (estimate) – 510 grams



Communication (critical parts) – 500 grams



EPS (critical parts) – 398 grams



EPS accessories – 10 grams



C&DH (critical parts) – 90 grams



Interface module – 35 grams



Printer – 30 grams



ELF/ SCM – 25 grams

Despite the attempt the expected mass will be in excess of the planned 1.6 kg. This is under
review for mass savings.
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Chassis
Table 9: Chassis Mass Detail

Subsystem

Part

Chassis

Chassis Main

Chassis

Chassis Upper

Chassis
Chassis
Chassis
Chassis
Chassis
Chassis
Chassis
Chassis
Chassis

Top End Assy. Screws
(x8)
Int. Standoff Threaded
Rod (x4)
Chassis - Motherboard
Spacer (x4)
Motherboard - EPS
Spacer (x4)
EPS - Sband Spacer (x4)
Sband - Interface Spacer
(x4)
Interface - Chassis
Spacer (x4)
Upper Chassis - Antenna
(x4)
Upper Chassis - Printer
Spacer (x4)

Material
Aluminum
6061
Aluminum
6061
Aluminum
7075
Aluminum
7075
Aluminum
6061
Aluminum
6061
Aluminum
6061
Aluminum
6061
Aluminum
6061
Aluminum
6061
Aluminum
6061
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Volume
(cm^3)

Volume
Source

Density
(g/cc)

Mass
(g)

Mass
Source

132.83

CAD

2.71

360.10

CAD

55.20

CAD

2.71

149.64

CAD

1.88

CAD

2.81

5.27

CAD

1.36

CAD

2.81

3.81

CAD

0.52

CAD

2.71

1.42

CAD

1.58

CAD

2.71

4.28

CAD

0.60

CAD

2.71

1.64

CAD

0.70

CAD

2.71

1.90

CAD

0.49

CAD

2.71

1.33

CAD

1.58

CAD

2.71

4.28

CAD

0.80

CAD

2.71

2.13

CAD

Total

535.8
g

Figure 46: Chassis Mass by Parts

Command & Data Handling
Table 10: Detail of C&DH Mass

Subsystem

Part

Material

C&DH

OBC
9mm PPM Standoffs
(x6)

Multi
Aluminum
6061
Aluminum
7075
Aluminum
7075
Aluminum
6061
Aluminum
7075
Multi

C&DH
C&DH

4-48 PPM Screws (x6)

C&DH

4-48 PPM Nuts (x6)

C&DH
C&DH
C&DH

3mm Standoff for
Transceiver (x4)
4-48 Screws for
Transceiver (x4)
Integration Module

Volume
(cm^3)
27.19

Volume Density
Source
(g/cc)
CAD
3.06*

Mass
Source
Derived

0.94

CAD

2.71

2.56

CAD

0.71

CAD

2.81

2.01

CAD

0.44

CAD

2.81

1.24

CAD

0.21

CAD

2.71

0.57

CAD

0.36

CAD

2.81

1.01

CAD

16.90

CAD

2.18*

37.00
127.8
g

Measured

Total

89

Mass
(g)
83.43

Figure 47: C&DH Mass by Parts

Payloads
Table 11: Detail of Printer Mass

Subsystem

Part

Printer
Printer

0-80 Nut
Stepper Motor

Printer
Printer
Printer
Printer
Printer
Printer
Printer
Printer
Printer
Printer
Printer
Printer
Printer
Printer

Material

Brass
Multi
Aluminum
Coupling
6061
Somos
Nozzle
Prototherm
12120
Printer Rail (No Motor) Ultem 9085
Printer Rail (w/ Motor) Ultem 9085
Printer Bushings
Rulon J
0-80 Leadscrew
304SS
Printer Guide Rail #1
304SS
Printer Guide Rail #2
304SS
Home Switch Screws
Brass
(2-56 x0.5)
Home Switch Screws
Brass
(2-56 x0.5)
Noz Spring Screws (2Brass
56 x .625)
2-56 Nut
Brass
2-56 Nut
Brass
2-56 Nut
Brass
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Volume Volume Density
(cm^3) Source (g/cc)
0.01
CAD
8.41
1.25*
CAD
4.4*

Mass
(g)
0.12
5.50

Mass Source
CAD
Manuf. Data

0.25

CAD

2.71

0.68

CAD

4.72

CAD

1.15

5.43

Derived

10.97
10.36
0.22
0.09
0.26
0.26

CAD
CAD
CAD
CAD
CAD
CAD

1.34
1.34
1.95
7.90
7.90
7.90

14.70
13.89
0.43
0.71
2.03
2.03

Derived
Derived
Derived
CAD
CAD
CAD

0.05

CAD

8.41

0.39

CAD

0.05

CAD

8.41

0.39

CAD

0.06

CAD

8.41

0.50

CAD

0.03
0.03
0.03

CAD
CAD
CAD

8.41
8.41
8.41

0.23
0.23
0.23

CAD
CAD
CAD

Printer

Nozzle Plunger

Printer

Syringe O-Ring

Printer
Printer

Injection Spring
Valve

Somos
Prototherm
12120
Silicone
Rubber
304SS
Brass

0.13

CAD

1.15

0.15

Derived

0.05

CAD

1.28

0.07

CAD

0.02
0.37

CAD
CAD

7.90
8.41
Total

0.15
3.14
51 g

CAD
CAD

Figure 48: Printer Mass by Parts
Table 12: Detail of ELF/SCM Mass

Subsystem
ELF/SCM
HV
ELF/SCM
HV
ELF/SCM
HV
ELF/SCM
HV
ELF/SCM

Part

Material

Volume
(cm^3)

Volume
Source

Density
(g/cc)

Mass (g)

Mass
Source

PCB

FR-4 /
Copper

0.18

Derived

1.90

0.34

Derived

Capacitor

MLCC

0.13

Derived

5.20

0.68

Derived

SMD

0.06

Derived

3.50

0.22

Derived

SMD

0.00

Derived

3.50

0.01

Derived

Multi

-

-

-

5.00

Assumed

Total

6g

HV Resistor
(x4)
LV Resistor
(x2)
ELF / SCM
Device
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Figure 49: ELF/SCM Mass by Parts

Communication Subsystem
Table 13: Detail of Communication Subsystem Mass

Subsystem

Part

Material

UHF Deployable
Multi
Antenna
AX100 Body Screw Aluminum
Communication
(x12)
6061
Aluminum
Communication
AX100 Cover
6061
AX100 Antenna
Communication
Brass
Connection
AX100U
Communication
Multi
Transceiver
S-Band
Communication
Multi
Transceiver
Communication
Patch Antenna
Multi
Communication
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Volume Volume Density
(cm^3) Source
(g/cc)

Mass (g)

Mass
Source
Manuf.
Data

30.29

CAD

2.81*

85.00

0.18

CAD

2.71

0.48

CAD

3.30

CAD

2.71

8.94

CAD

0.12

CAD

8.41

1.03

CAD

5.67

CAD

2.48*

14.05

23.95

CAD

12.53*

274.12

50.64

CAD

2.30
Total

116.39
500.1

Manuf.
Data
Manuf.
Data
Measured

Figure 50: Communication Subsystem Mass by Parts

Electrical Power System
Table 14: Detail of EPS Mass

Subsyste
m
Power
Power
Power
Power
Power
Power
Power
Power
Power

Part
Solar Panel
X+
Solar Panel XSolar Panel
Y+
Solar Panel Y18650
Battery
18650
Battery
Battery
Bracket
Battery
Bracket
EPS (No
Batteries)

Material

Volum
e
(cm^3)

Volum
e
Source

Densit
y
(g/cc)

Mass
(g)

Mass
Source

Multi

17.45*

CAD

2.87*

50.00

Manuf. Data

Multi

17.45*

CAD

2.87*

50.00

Manuf. Data

Multi

17.45*

CAD

2.87*

50.00

Manuf. Data

Multi

17.45*

CAD

2.87*

50.00

Manuf. Data

Multi

16.10

CAD

3.04*

49.00

Manuf. Data

Multi

16.10

CAD

3.04*

49.00

Manuf. Data

1.76

CAD

2.71

4.78

CAD

1.76

CAD

2.71

4.78

CAD

31.81

CAD

2.84*

90.44

Manuf. Data

Total

398 g

Aluminum
6061
Aluminum
6061
Multi
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Figure 51: EPS Mass by Part
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FAILURE MODES AND EFFECTS ANALYSIS
Following a formal Critical Design Review and in preparation for Test Readiness Review, an
attempt at risk mitigation was performed. This task involved the development of a lengthy failure
modes and effects analysis.

Probability

Severity
1

2

4

8

16

5

5

10

20

40

80

4

4

8

16

32

64

3

3

6

12

24

48

2

2

4

8

16

32

1

1

2

4

8

16

Figure 52: FMEA Scoring Matrix
Table 15: FMEA Scoring Criteria

Severity of Occurrence
Value

Description

Criteria

1

Irrelevant

No Impact to System or Mission

2

Slight

Little Impact to System, But No Harm to Mission

4

Important

Possible risk to mission

8

Critical

Definite Risk to Mission Success

16

Disastrous

Certain Mission Failure
Probability of Occurrence

Value

Description

Criteria

1

Very Unlikely

Theoretically possible, but extremely unlikely
95

Very unlikely during the mission life, however given enough time
or cycles a failure is expected to occur.
Low risk, but possible failure during planned mission timeline, or
number of cycles

2

Remote

3

Occasional

4

Moderate

Fairly likely chance of failure during mission timeline.

5

High Probability

Evidence of failure in testing, or obvious weakness in design.

The implementation involved a grading matrix in which each identified potential failure was
provided a weighted score based upon both the probability and the severity of occurrence. The
specific implementation chose to weight severity higher than probability to bias risk towards
severity. The complete FMEA document is provided as an appendix due to its length, however a
sample is provided below.
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Printer

System:

Failure
Mode

Description of
Failure Mode

Effect of Failure
Recommendations to
(focus on impact
Reduce Failure Mode
to the mission)

Low
temperature
Loss of experiment Thermal vacuum test
causes motor
to not run

Test Plan

Thermal vacuum test at low
temperatures to check how
motor recovers and behaves
even at temperatures out of
the motor's range (-35 C to
70 C)

Risk Score

Assessment Criteria (Reason
for Risk Value Assignment)

Severity - 4
20
Probability - 5
Will lead to loss of mission
objective, and high priority due
to temperature range of motor

Motor

Severity - 4
Motor misses
steps

Fails to reach
home in the
allotted time

Compare steps at
different
temperatures in
vacuum

Thermal vacuum test at low
temperatures to check if
motor misses steps at
different temperatures

8

Probability - 2
Will lead to loss of mission
objective, low probability
based on previous tests
conducted
Severity - 4

Rails

Adhesion of
moving parts cold welding

Loss of printer

Validate various
lubricants

Thermal vacuum test at low
temperatures to check if
printer components behave
differently with or without
different lubricants
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Probability - 1
4

Will lead to loss of mission
objective, low probability
because no same materials
are in contact
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His aerospace background led directly into Space Based Technology Development and he
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Technology Research. Dr. Everett, has presented research work at conferences, including a paper
he co-authored in 2016, submitted to AIAA for the 2016 Joint Propulsion Conference which won
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APPENDIX A: FMEA DOCUMENTATION
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APPENDIX B: ATLAS V LV SPECIFICATIONS

Figure 53: Atlas V Launch System (400 Series top, and 500 series bottom) (From Atlas V Launch Services Users
Guide)
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Figure 54: Atlas V Apogee Variation Performance to GTO, 401-431 Series (top), 501-551 Series (bottom), and (From Atlas V Launch
Services Users Guide)
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Figure 55: Reduced Inclination Performance to GTO, 401-431 Series (top), and 501-551 Series (bottom) (From Atlas V Launch
Services User's Guide)
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